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Heat Transfer Peculiarities in Supersonic Flows

V. Ya. Borovoy,* V. N. Brazhko,t G. I. Maikapar,$ A. S. Skuratov,t and I. V. Struminskaya§
Central Aerohydrodynamic Institute (TsAGI), Moscow, Russia

A method of heat transfer and gas flow investigation based on the application of thermal sensitive coatings
or thermocouple sensors and various visualization techniques is described. The thermal sensitive coatings and
visualization reveal heat transfer peculiarities, and the complex nature of the method contributes to under-
standing the processes and generalization of quantitative results. Data concerning heat transfer on the leeward
side of a blunt cone in the regions of the shock-wave boundary layer and bow wave interaction, in gaps and
cavities of the orbiter's thermal insulation, and in the vicinity of them, are presented.

Nomenclature
a = tile length; plate semispan
b = thickness of high-pressure jet induced by shock

interference
Ch = Stanton number
d = cylinder diameter
H = tile thickness
h = heat transfer coefficient
/z0 = heat transfer coefficient at sphere critical point
h = hlhr
L = model length; distance from model leading edge to

shock incidence point or gap beginning
/ = gap length
M = Mach number
P0 = total pressure
q = heat flux density
qQ = heat flux at sphere critical point or critical line of

cylinder
#00,1. = pooU^L/fji^, Reynolds number
R™,r = pocU^r/iJi^, Reynolds number
r = sphere or cylinder radius
S = surface distance
T = temperature
TO = stagnation temperature
u = velocity
w = gap width
x = longitudinal coordinate
y = transverse coordinate
z = normal-to-surface coordinate
a = angle of attack
A = tile protrusion (recession)
8 = boundary-layer thickness
8* = boundary-layer displacement thickness
0 = cone, wedge semiangle
A = wavelength
IJL = dynamic viscosity coefficient
p = density
cp = circumferential angle measured from windward

line
X = sweep angle

Subscripts
oo = freestream conditions
e = boundary-layer edge conditions
m = maximum value
r = reference value
w = wall conditions
X — critical cylinder line conditions at swept angle

Introduction

A MONG the most important features of vehicle aerody-
namic heating are narrow regions on its surface where

the heat flux density exceeds the density of the heat flux to
the ambient surface several times (sometimes by an order of
magnitude). The reasons for these peaks of the heat flux are
complex gasdynamics phenomena: interaction of shock waves
with each other and with the boundary layer, flow separation
and attachment, vortices, and laminar-turbulent transition in
the boundary layer and in mixing layers. Of interest also is a
periodic variation of the heat flux value in the direction per-
pendicular to the gas flow that is associated with longitudinal
vortices generated near the surface that are observed even in
nominally two-dimensional flows, in particular, in case of a
flow separation.

The conditions for the existence of the foregoing features
(Mach and Reynolds numbers, angles of attack, and geo-
metric characteristics) have not been investigated sufficiently.
In calculations, considerable success has been achieved for
only comparatively simple flow models, such as for plane
shock wave impingement on a cylinder (two-dimensional flow).
However, numerical calculation using the Navier-Stokes
equations requires considerable machine time of the highest
capacity computers. Even so, the required spatial resolution
often is not achieved and, in the case of a turbulent flow, the
result depends on the turbulence model used. Therefore, ex-
perimental methods will still retain their value as a source of
information about complex three-dimensional flows and as
verification of calculation methods over the long period.

At TsAGI (Central Aerohydrodynamic Institute), a com-
plex method is used for the investigation of aerodynamic heat-
ing of vehicles and their components, which provides not only
quantitative results but also general concepts of gas flows.
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Methods of Aerodynamic Heating Investigation
In various wind tunnels (long-duration and impulse wind

tunnels), the well-known economical and efficient method of
thermal sensitive coatings to obtain the continuous distribu-
tion of heat flux on the model surface is used widely. Thermal
sensitive coatings with melting temperatures from 41 to 400°C1

are used. The temperature measurement error is from 0.5 to
1°C. Model photography with time recording is used during
the experiment. A digital image analysis sometimes is per-

969



970 BOROVOY ET AL.: HEAT TRANSFER

formed in the course of data reduction. In order to obtain
quantitative data, a model of one-dimensional heat propa-
gation in a semi-infinite space is used most often, and the
greatest errors in determining the heat transfer coefficient are
associated with the fact that this model is incompatible with
the experiment conditions. In the case of unknown boundary-
layer conditions and nonisothermal surface, it is necessary to
measure temperature as a function of time, and the known
solution for the semispace can be used for processing. For
introducing the corrections accounting for the heat conduction
influence on heat flux peaks, it is possible to use the solution
for the given distribution of the heat flux over the surface.2
Inaccurate information about thermophysical characteristics
of the materials used for model manufacturing is an additional
source of errors. The accuracy of thermal sensitive coatings
for a nonseparated flow is only somewhat less than the ac-
curacy of measurements using discrete sensors. For separated
flow regions, there appears another source of errors; namely,
the recovery temperature uncertainty. It is not known whether
there is a linear dependence of a heat flux on a temperature
difference. This problem has not been studied sufficiently.

If it is impossible to film a model part, then a series of
experiments of different duration is carried out. After each
of such experiments, the model is disassembled and photo-
graphed.

Thermal sensitive coatings are also used in impulse wind
tunnels with run times from 0.01 to 0.1 s. The thickness of
the thermal sensitive coating should be very small in this case.

Characteristic examples of the application of thermal-sen-
sitive coatings in long duration wind tunnels are given; namely,
a complex-shaped model (Fig. 1), heat flux peaks beneath the
vortices initiating on the fore part of the leeside of the wing
with sharp, variable-sweep edges,3 and heat flux peaks on a
delta wing with cylindrical edges caused by entropy "vortices"
coming from the blunt tip.4 A heat flux peak appears also on
the side surface of the external angle, imitiating an inlet due
to the separated flow reattachment.5 The thermal-sensitive
coatings are very efficient in investigations of microphenom-
ena, for example, laminar-turbulent transition behind a pro-
truding roughness6 and heat transfer in small cavities.7

In some cases, when the application of thermal sensitive
coatings is complicated because filming is impossible, surface
foil thermocouples8 0.03-mm thick and 0.2-mm wide are ap-
plied in long-duration wind tunnels. They are bonded flush
with the surface of the model, which is manufactured of a
thermal isolation material. The data reduction is the same as
in case of thermal sensitive coatings.

In impulse wind tunnels the "thin wall" method is applied.
The thin wall is a 0.1-0.2-mm-thick foil that serves as a com-
mon thermoelectrode for a group of thermocouples. Ther-
moelectrode wires rolled a thickness of 0.5 mm are welded
to the internal wall surface. The junction dimension is 0.2 x
0.2 mm.

In long-duration and impulse wind tunnels calorimetric heat
flux sensors of 1-2-mm diam are used, their thickness being
chosen depending on the experiment duration. The sensitivity
of each sensor is measured by using a jet calibration setup.9

The second component of the complex method is gas flow
visualization. Streamlines are obtained as a result of the flow
of calibrated oil points, which are applied to the model surface
by means of a special device.10 They are very useful for rep-
resenting the topology of the wall flow and, in particular, they
reveal attachment lines often associated with heat flux peaks.

To obtain information on the flow structure throughout the
whole disturbed flowfield, optical methods are used. The most
simple of the known methods of the three-dimensional gas-
flow visualization is the method of the "laser knife,"1 which
is a development of the vapor screen method. In one of the
TsAGI wind tunnels, the particles required for this method
are contained in kerosene combustion products in the air
heater, so that no seeding of the air by light scattering particles
is required. Characteristic structures (shock waves, expansion
waves, vortices and separation regions) and small peculiari-
ties, for example, longitudinal periodic vortices, are seen in
the black-and-white pictures. An interesting example is flow
about a delta wing in roll.11 In front of one edge, the normal
velocity component is less than the sound velocity; a subsonic
vortex forms here. In front of the other edge, the normal
component is greater than the sound velocity; a separation
zone adjacent to the surface forms here.

In the base region of a twin-finned aircraft, the laser knife
discovers bow and expansion waves from leading and side
edges of the wing and horizontal tail, embedded shock waves,
tip vortices with cone shocks surrounding them, and shocks
from trailing edges.3 The method can be improved; for ex-
ample, the spectrum of limiting streamlines can be combined
with the measurement of the heat flux using a thermal sen-
sitive coating (Fig. 2) or with flow visualization using the laser
knife (Fig. 3). Digital analysis of black-and-white pictures
using reference colors for the lines of the same density of film
makes it possible to obtain higher contrast flow pictures and
reveal additional flow details.

Heat Transfer Peculiarities on Leeward Surface of a
Blunt Cone

The heat transfer to blunt cones 0 = 5-15 deg with the
angles of attack a = 0-55 deg was investigated by the method

Fig. 1 "Energia-Buran," Mx = 5, R^ = 3 10% a = 0. Fig. 2 Delta Wing. Mx = 4, R^ = 3 106, X = 75 deg, a = 5 deg
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Fig. 3 Delta Wing. M0
deg.
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Fig. 4 Heat transfer distribution, blunt cone.

of thermal sensitive coatings. The Mach number was M^ -
3-16.7, the Reynolds number was R^r = 4.2-103-2.8-105,
and the temperature ratio was TJTQ = 0.17-0.7.

In a hypersonic laminar flow, there is a stabilization of the
distribution of the heat transfer density ratio q/q0 (Fig. 4) (qQ
is the Fay and Riddell theory). The solid curve shows the
calculated result without taking into account of the entropy
effect.12 As expected,13'14 the entropy effect has a small in-
fluence on the laminar heat transfer.

The visualization of a flow about blunt cones using the laser
knife has shown that at the same values of a-6 a qualitative
similarity of leeward separation flows is observed. The sep-
aration initiates at a-0 ~ 0. As the angle of attack increases,
two narrow separation zones adjacent to the cone surface form
and then turn into two vortices, separated from the surface
(Fig. 5a). There is an entropy wake from the bluntness be-
tween vortices.

When the flow velocity component normal to the cone axis
exceeds the sound velocity, the vortices transform into two
closed separation regions (Fig. 5b) having rectilinear bound-
aries at great values of a-6. This flow is similar to the near
wake behind the cylinder that is in a supersonic transverse
flow. The entropy wake emerges over separation regions and,
with a further increase in a-0, turns into a far wake (Fig.
5c). Discrete stationary vortices come out of the near wake
periodically along the cone length (Fig. 5d). For the visual-
ization of these vortices the laser knife plane was oriented
parallel to the plane of the angle of attack.

The separation can be "open"15 (Fig. 6a) or "closed" (Fig.
6b). For an open separation, the line of the initial separation
Sl in the fore cone part is not closed and the gas from the
nose, not separating, moves into the leeside region lying be-
tween unclosed branches of the separation line. For a closed
separation, the initial separation line Sl in the fore cone part
is closed, and the gas can come into the leeside zone only
after separation from the cone surface. In the forward part

a)

c) _ •
Fig. 5 Blunt cone, laser knife, M^ = 3, RXfL = 3-106, 0 = 10 deg:
1) vortices, 2) entropy wake, 3) near-wake, 4) far wake, and 5)
afterbody shock.

Fig. 6 Surface streamlines, 0 = 10 deg, a = 30 deg: a) Mx = 5,
R^r = 4.3 104, and b) Mx = 3, Re*, = 1.3 10s; S19 primary sepa-
ration; S2, secondary separation; and CV, concentrated vortex.

of the separation zone, a return flow region forms in which
the gas flows in the direction opposite to the freestream. A
concentrated vortex CV follows after it.16 Further aft there is
the main separation zone with longitudinal vortices. Along
with the initial separation, a secondary and successive sepa-
rations take place in this zone. The variation of Mach and
Reynolds numbers has great influence on the shape and po-
sition of the separation region and, consequently, also on the
heat transfer to the leeside cone surface, which was noted in
Reference 17. In particular, at an angle of attack a = 30 deg
an increase in the Mach number and a simultaneous decrease
in the Reynolds number transformed closed separation into
an open one (Fig. 6).

The influence of a on the heat transfer to the leeside cone
generatrix (9 = 180 deg) is shown in Fig. 7a. At a = 0 an
increased heat transfer region forms near the cone base sec-
tion. As the angle of attack increases this region displaces
forward, and the second peak of the heat flux forms.

At a constant angle of attack, a decrease in the apex semi-
angle 6 has the same influence on the heat transfer as an
increase in the angle of attack (Fig. 7b).

An increase in the Mach number has a different influence
on the heat transfer in the region of a nonseparated and a
separated flows (Fig. 8): in the region of nonseparated flow
(at Sir ^ 1), the heat flux varies weakly; in the region of
separated flow, the heat transfer decreases with an increase
in the Mach number.

Figure 9 shows the heat transfer distribution over the cone
cross section. As the Mach number increases, the heat flux
in the attachment region decreases by an order of magnitude.
At the same time, its distribution changes: at Mx = 3 two
sharply pronounced peaks exist because of attachment region
branching (Fig. 9a); at M^ = 10.5 only one heat flux maximum
that is smeared (Fig. 9c) forms. The dash lines in Fig. 9b show
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Fig. 7 Blunt cone, heat transfer distribution along its length.
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Fig. 8 Blunt cone, heat transfer distribution along its length.
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Fig. 9 Heat transfer distribution over cross section of blunt cone.

heat flux levels in the section considered at a = 0. In a
hypersonic velocity range (M ^ 10.5) the values of hlhQ
throughout the whole leeside surface at a = 30 deg are con-
siderably less than at a = 0.

Figure 10 summarizes results for hm/h0 in the attachment
region on the leeside cone surface with 6 = 10 deg at a =
30 deg and at different values of AL, and R^,.

0.1

0.01 ao/
Fig. 10 Correlation of maximum heat flux values.

Fig. 11 Surface streamline pattern in reattachment region.

Periodicity of Transverse Heat Flux Distribution
In some flows, there is a periodic variation of flow param-

eters in the direction perpendicular to the mean velocity. It
is usually associated with the formation of a system of lon-
gitudinal vortices of the Taylor-Goertler type. The transverse
periodicity seems to have been detected for the first time in
Ref. 18 when a laminar separation flow was investigated be-
hind a forward facing step. The flow periodicity in the. reat-
tachment region becomes apparent most strongly in the heat
transfer to the body surface.19'20 In the reattachment region,
a system of narrow zones of increased and decreased heat
transfer forms, and the maximum heat transfer coeffient may
exceed the minimum several times. Three-dimensional peri-
odic flow singularities were also revealed in the reattachment
region of a supersonic turbulent boundary layer behind an
axisymmetric step21-22 and a plane23 step.

This article reports some results of the experimental in-
vestigations of the flow and heat transfer in the separation
and reattachment regions of nominally two-dimensional
supersonic flows behind a step, in front of a flap, and as a
result of a shock wave impingement on the boundary layer.
The tests were carried out in short- and long-duration wind
tunnels at Mach numbers Mx = 4-12.8 and unit Reynolds
number (1-62)-106 1/m. The boundary layer in front of the
separation was laminar in most cases. In a general case, the
attachment line is formed by a set of arcs 1 (Fig. 11) placed
periodically in the cross direction. The arcs are the divergence
lines. Another divergence line 2 forms in each three-dimen-
sional cell limited by the separation lines 3. The heat flux on
the divergence lines 2 has a maximum, while on the separation
lines 3 it is a minimum.

Such a picture is realized during the separation of a thin
laminar boundary layer; in a thick boundary layer it is realized
at a weak intensity of the disturbance that caused the sepa-
ration. In case of high intensity, the attachment line degen-
erates into a straight line with node and saddle points on it.18'22

The flow periodicity propagates from the attachment line for-
ward inside the separation zone. This situation also occurs in
the attachment of the turbulent boundary layer.22 The trans-
verse flow periodicity is also revealed on the boundary-layer
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Fig. 12 Impingement of a shock from wedge B = 15 deg on the plate,
longitudinal heat flux distribution.
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Fig. 13 Impingement of a shock from wedge 0 = 15 deg on the plate,
wavelength.

separation line. The wave length A (distance between attach-
ment lines) in the separation region is approximately equal
to the wavelength in the attachment region.

The results for plate heat transfer in the separation zone
caused by an incident shock wave from a wedge with an angle
6 = 15 deg at Moo = 5 and R^L = 106 indicate how stationary
and repeatable is the flow considered. Although the heat
transfer coefficients changed somewhat in the repeated ex-
periment, the position of the maximum and minimum lines
remained invariable. In Ref. 22 it is shown that the cross-
pressure distribution in the reattachment region also remained
invariable in numerous repeated experiments that were car-
ried out in a turbulent boundary layer.

Fig. 12 presents longitudinal distributions of the Ch for the
section passing through a local maximum and for the section
passing through a neighboring local heat transfer minimum.
The solid line shows the calculated distribution of Ch in a
freestream flow.

As the Reynolds number increases, the heat transfer coef-
ficient ratio in the reattachment region rises, while the mean
wave length A decreases. The Mach number has an inverse
influence on the wavelength. Figure 13 shows the dependence
of the wave length ratio A/L on the nondimensional parameter
R^JMeo for the reattachment region of the flow separated
from the plate surface under the action of a shock wave.

Periodic zones of increased heat transfer were also present
in a number of other cases: in a nonseparated supersonic flow
about cones with an isentropic compression surface,24 on the
leading edge of a variable sweep wing,25 and in the reattach-
ment region of the flow separated from the leeside of a delta
semiwing mounted on the plate.26 The maximum heat flux
values in the attachment region in these cases, as well as in
Fig. 12, exceed minimum values approximately by a factor of
two.

Heat Transfer to Cylinder in Shock Wave
Impingement Zone

One of the first papers devoted to this problem is Ref. 27.
It was shown that, in case of a shock wave impinging on a
cylinder that is perpendicular to the freestream flow, a high
power jet forms that may cause a local pressure increase and
intensify the heat transfer. In Ref. 28, the variation of the
heat flux density was investigated in the impingement zone
of the oblique shock wave as a function of the cylinder incli-
nation angle. In Ref. 29, a phenomenological classification of
the shock-wave interaction types was performed on the basis
of the results of the flow and heat transfer in the impingement
zone of the shock wave on a sphere. The predictions based
on the experiments and approximate calculations30 show that
the heat transfer increases drastically as the Mach number
rises. But, so far, the experimental investigations were carried
out only up to M^ = 6. At higher Mach numbers, experiments
of this kind were performed only in helium. This paper pre-
sents the results of a systematic experimental heat transfer
investigation in the zone of the shock-wave interference with
the laminar boundary layer in air flow at a high Mach number
of Moo = 15.5. The experimental results are presented in more
detail in Ref. 31.

A cylinder of r = 12.5-mm radius of a length 205 mm was
equipped using the thin wall method with 60 heat flux sensors
mounted along the attachment line. The minimum distance
between the sensors in the shock-wave impingement zone was
1 mm. A wedge 0 = 20 deg served as a shock generator. The
shock inclination angle at the impingement on the cylinder
was 27 deg.

The experiments were carried out in a shock tunnel at a
total pressure P0 = 50 • 105 Pa, stagnation temperature T0 =
1650 K, Reynolds number R^ = 0.7 • 104. The run flow time
was7-10~3s.

The measurement results of a maximum heat flux are given
in Fig. 14. The dashed lines show the calculation results for
the heat flux ratio (use was made of the relations for the plane
shock waves; it was assumed that the heat flux ratio is equal
to the square root of the pressure ratio). The abscissa shows
the interference types according to the classification of Ref.
29, which were determined using schlieren pictures. In case
of II and V interference types, two pairs of heat transfer rate
peaks form, which are shown in Fig. 14a by open and closed
symbols. For these interference types, the calculation refers

b)

Fig. 14 Influence of cylinder slip angle on heat transfer (qx calculation
for isolated sliping cylinder; q0 calculation for isolated cylinder at \
= 0); o •, experiment; ——, calculation; A, sonic line on cylinder;
•, sonic line on bow wave.
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to smaller peaks. The ratio qjqx attains a maximum value
at the /interference type (Fig. 14a). But the ratio qm/qQ (and,
consequently, also the absolute heat transfer rate qm) reaches
a maximum value in case of the IV interference type (Fig.
14b). It takes place not at x = 0» as it might be expected,
but at a considerable cylinder inclination (x = -22 deg).

The calculated curve in case of type I interference is similar
to the experimental data. At the same time, the calculated
values of qjqx are less than the experimental values by a
factor of approximately two. This discrepancy is attributed to
the fact that the shock waves impinging on and reflected from
a cylinder cause a boundary-layer separation on the cylinder.
The separation zone induces a shock wave, causing an ad-
ditional pressure increase.

In case of type II interference (Fig. 15) a weaker shock
wave O2I2 is reflected regularly from the cylinder surface, and
the calculated heat flux ratios coincide essentially with ex-
perimental values (Fig. 14a). A stronger shock O^ cannot
be reflected regularly from the cylinder surface. A terminating
normal shock wave seems to form behind the shock 0^4, and
the high-power gas jet that passed through the shock OOj
and successive shocks spreads upward and downward along
the cylinder generatrix, causing a considerable heat transfer
increase. This flow is similar to the flow in type IV interfer-
ence.

Type IV interference (Fig. 16) was observed in a sufficiently
wide range of sweep angles: from x - ~22 deg to x = + 7
deg (type III interference was not identified). According to
the calculation, the pressure behind a normal shock wave at
point 7t, when x = ~22 deg, exceeds 19.3 times the pressure

2.5

5 6
Fig. 15 Type II interference.

x/d

fO

on an isolated cylinder at the same sweep angle. To evaluate
the maximum heat flux, it is necessary to know the jet thick-
ness b also. Based on a shadowgraph picture, the following
values were obtained: bid = 0.045 at x — ~22 deg, bid =
0.024 at x = ~~7 deg. The calculated maximum heat flux
values exceed tens of times the heat flux on an isolated sweeped
cylinder, which differs greatly from the experimental values.
It is not less important that, according to the adopted cal-
culation procedure, the maximum heat flux rises as the angle
X increases because the jet becomes thinner, while in reality
it decreases.

The most probable reason for a quantitative and qualitative
discrepancy between calculated and experimental heat flux
values in case of type IV interference is that a high-power jet
mixing with a low-power gas is smeared, and at the cylinder
surface, it has a decrease total pressure and an increased
thickness. These effects become more pronounced because
of a decrease of the local Reynolds number as the Mach
number increases in the wind tunnel.

At sweep angles x = 15-30 deg, the flow in the interference
zones refers to type V. This range of angle x is m agreement
with the calculated results presented in Ref. 32 for Mach
number M^ = 15. Two zones of increased heat flux form on
the cylinder surface. The calculated estimates of the heat flux
for one of these zones considerably exceed the experimental
values. For example, at x = 22 deg, according to the calcu-
lation, qjqx = 1.92, and from the experiment qmlqx = 1.26.
Similar discrepancies in the maximum pressure values are
established in Ref. 32. The reason for this discrepancy is also
revealed in that paper: it is assumed in the estimates that the
impinging shock has a rectilinear shape behind the point of
intersection with the bow cylinder shock wave; in reality it
distorts under the action of the pressure difference and be-
comes weak.

Gas Flow and Heat Transfer in Elements of Orbiter
Thermal Isolation

Gas flow and heat transfer in intersecting tile gaps were
studied on a fragmentary model, mounted on a wind-tunnel
wall, at Moo = 6. The displacement thickness of the turbulent
boundary layer varied within the range of 8* = 8.8-12.2 mm.
Total pressure and stagnation temperature fields were mea-
sured. The velocity profile in a turbulent boundary layer far
away from a gap are approximated ulu^ = (z/8)l/9. Near a
gap edge the velocity profile is distorted, becoming truncated.
A similar situation is known to occur in a turbulent boundary
layer on a rough surface.33 In this case, the heat transfer
coefficient is greater than on a smooth surface.

Parameters governing heat transfer are found and the cor-
relation formulas presented below for a heat transfer coeffi-
cient ratio h — hlhr on different surfaces forming intersecting
gaps (hr is the measured heat transfer coefficient far away
from a gap) are obtained.

1) On the external surface in the vicinity of a longitudinal
gap

0.31 x/l
(3^)0.73 (1)

The coordinate x is measured from the longitudinal gap be-
ginning, coordinate y is measured from the edge of the gap,
and w is the gap width. The formula is valid for 0.1 < x/l <
0.9, y ^ 3r (r is the edge roundness radius). In the experi-
ments, the gap length was / = 0.15 m, the length of the
preceding surface section is L = 1m.

2) On the internal longitudinal gap surface

h = (0.25 + (2)

5 6
Fig. 16 Type IV interference.

3) In the gap intersection region (on the external surface)

h = 1 + 2.5-10-2 (l/x)l-2l(d*/w)~0-52 (3)
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The coordinate x is measured from the transverse gap edge,
x > 3r.

4) In the gap intersection region (on the internal surface)

h = 3.80 - 1.10 K0-62 at 0.04 < K < 2.50

h = 3.80 - 1.77 K°-18 at K > 3.5 (4)

where K = (6*/w)2z//, z ̂  3r. The coordinate z is measured
into the gap depth.

Another series of the investigations of aerodynamic heating
in thermal isolation elements was carried out on geometrically
similar models of the forebody of the orbiter (Fig. 17) of a
scale 1:15. Longitudinal and transverse grooves were made
on one model half. As a result of the intersection of these
grooves, an orthogonal net has formed that imitates the or-
biter's thermal isolation system. The dimensions of the tiles
were 10 x 10 x 4 mm, which corresponds in this scale to
the size of a full-scale tile. The width of the gaps between the
tiles was 0.2 mm. The other model half was left smooth for
purposes of comparison. One of the tiles in the forward part
of the lower surface was made movable and it could be pro-
truded or recessed. The investigations were carried out in
large wind tunnels at Mx = 7; 12.7 and 13.7 and Re^ L = (1-
12) • 106 (here L is the total orbiter length in a given scale).

Fig. 17a presents a photograph of a lower model surface.
The melting of the thermal sensitive coating on the model
afterbody indicates that the heat flux increases, it is caused
by a boundary-layer transition. Fig. 17b gives a relative heat
transfer coefficient distribution over a tiled (1) and a smooth
(2) surface. The transition on the tiled surface begins earlier
than on the smooth one, which is attributed to the destabi-
lizing influence of intersecting gaps on the boundary layer.

The tile gaps lead also to a local increase in heat transfer.
Figure 18 shows a dependence of the heat transfer coefficient
ratio h = hlhr at several points of the external surface on
the tile installation height (hr is the heat transfer coefficient
in the center of a flush-mounted tile). The measurements were
carried out using foil thermocouples. The boundary layer on
the model surface was laminar. A tile protrusion A/0 > 0
results in a heat transfer increase at the point T. The heat
transfer decreases on the surface following the protruding tile,
and also in the vicinity of the longitudinal gap (point M). In

a)

0.6

0.4

b) O.i

-0.02 -0.01 0.01 0.02 0.0) A/,

Fig. 18 Tile protrusion and recess influence on heat transfer, My =
12.7, RXL = 106, a = 34 deg.

Fig. 17 "Buran" orbiter forebody model; Mx = 7,
a = 34 deg.

= 1.19 107,

Fig. 19 Heat transfer in the fallen-out tile zone, Mx = 13.7,
106, a = 34 deg.

case of a recessed tile A/0 < 0, the heat flux to its surface
becomes less but it increases on the surface of the next tile.

Figure 19 presents a heat transfer coefficient distribution
h = hlhr on the cavity surface formed by a "fallen out" tile
(hr is the heat transfer coefficient at the center of the tile
situated upstream of the cavity). Foil thermocouples were
used. The distribution of h corresponds to the physical gas-
flow pattern in the cavity.34 The greatest increase in heat
transfer takes place in the upper part of the back wall and on
the external surface immediately behind the cavity. This is
associated with the attachment of a viscous mixing layer to
the surface and the great velocity and temperature gradients
arising as a result of it.

The heat transfer in the lower part of the back wall and at
the cavity bottom is controlled by a circulation flow. Because
the boundary layer grows from the back wall to the forward
wall in accordance with the flow direction at the cavity bot-
tom, the value h drops in this direction. The cavity imitating
a fallen-out tile has an exit into a longitudinal gap on the back
wall, which considerably influences the heat transfer. The heat
transfer coefficient near the gap on the back wall and behind
the cavity is 10-20% greater than far away from it. It is
associated with the action of the same mechanism that causes
an increase of the heat transfer in a longitudinal flow near a
gap. The gap also influences the heat transfer at the cavity
bottom. The distribution of h over the bottom along the axes
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0 oj 0.2 0.3 y/a
Fig. 20 Heat transfer on a wing with a groove on leading edge Mx
= 5, R^L = 1.07 106, x = 45 deg, a = 0, xlL = 0.75.

xl and x2 is essentially different. Near the back wall along the
Xi- axes there is a maximum h, whose occurrence is associated
with the presence of the attachment line; a gas portion is
involved into a return circulation flow, the other part flows
into a gap behind the cavity. Far away from the gap, the heat
transfer coefficient distribution over the bottom is monotone.

In order to examine the influence of technological joints
and gaps on the gas flow and heat transfer at the leading edge
of a wing, triangular plate models were used on whose cylin-
drical leading edges transverse grooves of square cross section
were made. Some dark bands corresponding to increased heat
transfer zones are seen in a picture of the model with a thermal
sensitive coating (Fig. 20). The groove in this case can be
considered to be a cavity in a flow directed along the leading
edge. It is known that a vortex flow forms in such a cavity.
The formation of a vortex in the groove was visualized by the
schlieren method, and the distribution of the vortex above
the wing with the aid of a laser knife.

An increase in heat transfer takes place on the wing sym-
metry line (y/a = 0) and under the vortices (y/a — 0.2) (see
Fig. 20). The influence of the groove on heat transfer rises
as its width w increases (Fig. 20), edge sweep angle decreases
(in the range examined x = 40-75 deg) and the Reynolds
number R^r increases. A generalized parameter

(wfrr) cos x

is introduced to define the influence of the values given above.
The investigations were performed at M^ = 5 and 6 in the
range of the aforementioned parameter variation from 1.8 to
47.0. At a = 0, an increase in the heat transfer on the plate
surface occurred only in the case of the parameter value greater
than 11.

Conclusions
Heat transfer peaks and their periodic distribution occur

rather often in supersonic three-dimensional gasflows near
vehicles. These heat transfer peculiarities are caused by var-
ious factors, they depend considerably on similarity param-
eters; their variety complicates the possibility of their detec-
tion and study. An effective means of the experimental
investigation is the heat flux measurement using thermal sen-
sitive coatings and microcalorimeters and the visualization of

a surface flow and flow as a whole by means of a laser knife.
A systematic experiment often helps to do a correlation. The
problem of scaling the results to hypersonic velocity flight
conditions still remain unsolved.
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